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CFD AND HEAT TRANSFER ANALYSIS OF ROCKET COOLING TECHNIQUES ON AN
AEROSPIKE NOZZLE
by
GEOFFREY SULLIVAN
(Under the Direction of Marcel Ilie)
ABSTRACT
In recent years the development of rocket engines has been mainly focused on improving the engine cycle
and creating new fuels. Rocket nozzle design has not been changed since the late 1960s. Recent needs for
reliable and reusable rockets, as well as advancements in additive manufacturing, have brought new interest
into the aerospike nozzle concept. This nozzle is a type of altitude adjusting nozzle that is up to 90% more
efficient than bell nozzles at low altitudes and spends up to 30% less fuel. Since the nozzle body is
submerged in the hot exhaust gasses it is difficult to keep the rocket body at a reasonable temperature. The
purpose of this research is to investigate techniques commonly used on bell nozzle geometries and
determine their effectiveness on the aerospike nozzle geometry. The techniques investigated are film
cooling and transpiration cooling. The aerospike engine used for the analysis was simulated via ANSYS
Fluent 2020 R2 and validated from experimental results. The simulation utilized the k-ε turbulence model
and the eddy-dissipation combustion model to accurately simulate the combustion of the H2/O2 rocket
engine. The film cooling study investigated the effects of inlet geometry and the coolant blowing ratio,
while the transpiration study investigated the effects of the coolant inlet pressure. The film cooling inlet
angle was varied from 15° to 30°, the inlet size varied from 1mm to 3mm, and the blowing ratio was varied
from 0.25 to 2. The transpiration cooling inlet pressure was varied from 10,000 Pa to 100,000 Pa. The film
cooling study results showed that the inclination of the coolant inlet, coolant inlet size, and blowing ratio
all positively affected the film cooling efficiency, but subsequently reduced the overall nozzle efficiency.
The larger angle and blowing ratios were strong enough to distort the exhaust flow and completely divert
it from the nozzle wall. The transpiration cooling results showed that the low and high inlet pressures had
a low efficiency while the inlet pressure near 50,000 Pa had the highest efficiency. Since the transpiration
cooling allows for the flow to exit at all points along the nozzle wall and create a film it showed the lowest
wall temperatures with the least reduction in efficiency. Overall, the results showed that film cooling and
transpiration cooling, while commonly used on bell nozzles, are able to similarly cool the aerospike
nozzle.
INDEX WORDS: Aerospace, Aerospike, CFD, Combustion, Film cooling, Fluent, Nozzle efficiency
transpiration cooling
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CHAPTER 1: INTRODUCTION
1.1 Rocket History and Background
The earliest rockets can be traced as far back as the Chinese in the end of the first century. The
Chinese used gunpowder in bamboo tubes to launch as a form of entertainment, known today as fireworks,
and also as a form of bombardment weapon. These early bamboo rockets worked by filling a bamboo tube
with gunpowder and cutting a small hole in one side. When the gunpowder was ignited the combustion was
forced out of the small hole and created thrust (Turner 2010, 2).
Advancements in guns and cannons began to replace rockets in weaponry and militaristic interest
in the rocket declined. It was after this decline in interest that civilians began to take interest in the concept
of the rocket. These civilians were the pioneers of modern-day rockets and are well known. They include
Goddard, Oberth, von Braun, Tsiolkovsky, and Korolev (Turner 2010, 2). These men were the pioneers
that laid the mathematical and experimental foundations for the future of the rocket engine. The equations
that these men created are still used today.
Of the three stated above Konstantin Tsiolkovsky is possibly the most notable. Tsiolkovsky’s work
brought him to be known as the father of spaceflight. He created the mathematical foundation for space
flight. Tsiolkovsky focused on the theoretical aspect of rocket flight and discovered that exhaust velocity
is the important parameter in rocket propulsion and that higher temperatures and lower molecular weight
would be important for achieving this. He discovered that liquid fuels would be able to achieve the high
velocities needed and identified liquid oxygen and hydrogen to be some of the best propellants for liquid
fueled rockets. However, Tsiolkovsky’s most famous discovery was his derivation of the rocket equation
which has been named after him.

1.2 Tsiolkovsky’s Rocket Equation
Tsiolkovsky’s rocket equation relies on Newton’s third law to describe the delta v, or the change
in velocity, of the rocket based on the exhaust velocity and mass of the rocket and fuel. Modern rockets are
vehicles that propel themselves by shooting a stream of mass behind them in the form of exhaust. Newton’s

12
third law states that every action has an equal and opposite reaction. Rockets use this by burning fuel and
expelling the exhaust in a direction to create a reactionary force. This reaction force, defined as the thrust
coming from the rocket engine, is represented as
𝑭 = 𝒎𝒗𝒆

1

𝒅𝑴
𝒅𝒕

2

Where
𝒎=

In these equations m is the mass flow rate, M is the current mass of the rocket and ve is the exhaust
velocity. Using Newton’s second law an equation for the acceleration of the rocket can be derived from the
thrust:
𝒅𝒗 𝑭
=
𝒅𝒕 𝑴

3

Substituting the first thrust equation in and canceling dt yields,
𝒅𝒗
𝒅𝑴 𝟏
= 𝒗𝒆
𝒅𝒕
𝒅𝒕 𝑴
𝒅𝒗 = 𝒗𝒆

𝒅𝑴
𝑴

4
5

To find the final velocity of the craft the equation needs to be integrated. The velocity will be
integrated from 0 to V and the mass will be integrated from M0 to M. V represents the velocity of the vehicle
and M0 represents the wet mass, or mass of rocket and fuel. This creates
𝑽

𝑴

∫ 𝒅𝒗 = 𝒗𝒆 ∫
𝟎

𝑴𝟎

𝒅𝑴
𝑴

6

The final rocket equation solution becomes
𝑴𝟎
𝑽 = 𝒗𝒆 𝐥𝐧( )
𝑴

7

This rocket equation shows the relationship between the velocity of the rocket, the velocity of the
exhaust and the mass ratio. The mass ratio is how much fuel the rocket has burned as a ratio of current
weight (M) to starting weight (M0).
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Figure 1. Tsiolkovsky’s rocket equation (Turner 2010)
An interesting point of the rocket equation is that the rocket’s final velocity is only dependent upon
the velocity of the exhaust and the final mass ratio. Other parameters such as thrust, size of the rocket, or
burn time do not have a direct input on the final velocity of the rocket. These parameters do, however, have
an impact on the exhaust velocity. It is clear that a higher exhaust velocity results in a higher rocket velocity
so optimization of these parameters is needed to get the maximum velocity out of the rocket engine (Turner
2010, 16).
An example of why velocity optimization is important is the escape velocity. The escape velocity
is the speed a vehicle must reach to overcome the influence of a planet’s gravity. The escape velocity’s
value decreases with altitude as the gravitational influence of the planet decreases. For example, the escape
velocity of Earth is 11.2 km/s at the surface but decreases to approximately 7.1 km/s at 9,000 km. These
values show that the initial liftoff of the rocket requires the most velocity, which means the most thrust,
whereas in space the requirements decrease. This is why liftoff requires many large rockets and boosters
whereas in space there is typically only one main rocket.
Obtaining the highest velocity is the primary purpose of any rocket engine and all of its components
must work together to achieve the desired operating conditions. While the thrust is chiefly produced in the
nozzle and combustion chamber the other components of the rocket are essential to maintain the desired
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operating conditions in both of these areas. Most liquid fuel rocket engines share the same basic
configuration with differences being the methods used to bring the fuel and oxidizer to the combustion
chamber.

1.3 Rocket Engine Basic Configuration
Thermal rocket motors are the basis of all space flight. These rockets are able to create their own
thrust and do not rely on external oxidizers which allow them to travel through the vacuum of space.
Rockets act as heat engines meaning that they are able to convert heat into work, much like internal
combustion engines or steam engines (Turner 2010, 2). There are two main types of thermal rockets: liquid
fueled and solid fueled. This study will focus on liquid fueled rockets. Liquid fueled rockets use two
propellants, a fuel and oxidizer. Both fuel and oxidizer are typically gaseous at room temperature but are
stored as cryogenic liquids to improve the storage efficiency. When the fuel and oxidizer are stored as
liquids, the increased density reduces the amount of storage area needed. These two are then transported
from the storage tanks to the combustion chamber and ignited. The system designed to transport the fuel
and oxidizer to the combustion chamber is called a cycle. There has been lots of research and development
invested in improving the engine cycle and currently there are numerous cycle types which all have their
unique advantages and disadvantages. A few examples of different rocket engine cycles include gas
generator cycle (Figure 2), Electric pump fed, pressure fed, tap off, expander, and staged combustion. The
example schematic shown in Figure 2 (gas generator cycle) uses a small amount of fuel and oxidizer to
power turbopumps to pump the rest of the fuel and oxidizer to the combustion chamber.
The diagram also utilizes a cooing method called regenerative cooling. Regenerative cooling is the
method of pumping the cryogenic fuel through pipes on the nozzle to lower the working temperature. This
fuel is then directly pumped into the combustion chamber to combust with the oxidizer.
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Figure 2. Schematic of a gas generator cycle liquid propelled rocket engine (Dunbar 2012)
Where MCC = Main Combustion Chamber, GG = Gas Generator, MFV = Main Fuel Valve, MOV
= Main Oxidizer Valve, GGFV = Gas Generator Fuel Valve, GGOV = Gas Generator Oxidizer Valve, and
OTBV = Oxidizer Turbine Bypass Valve.

1.3.1 Effect of Rocket Nozzle
The job of the rocket nozzle is to take the expanding gases from the combustion chamber and focus
them into an exhaust stream to produce thrust. From Tsiolkovsky’s Rocket equation the parameter to be
optimized is velocity. This is done by an expanding nozzle which takes the high pressure in the combustion
chamber, sometimes as high as 30 MPa, and expanding the flow until it is equal to the ambient pressure.
The measurement for the size of the rocket is called the expansion ratio A*/A, where A* is the nozzle throat
area, and A is the exit area. Ideally the flow should exit the nozzle exactly opposite the direction of travel,
which occurs when the pressure at the exit of the nozzle equals to the atmospheric pressure. When this
occurs the maximum efficiency of the rocket engine are achieved. Rocket nozzles are typically designed
for a specific altitude or expansion ratio which is termed the design altitude. This design altitude is where
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the peak efficiency occurs, but since the ambient pressure decreases as the altitude increases the nozzle will
lose efficiency as it ascends. This is partly why multiple stage rockets are used, the nozzle used at lower
altitudes has a small expansion ratio while the nozzles on later stages have a higher expansion ratio in order
to be efficient in the vacuum of space. The typical shape of these nozzles is a bell nozzle.

1.4 Bell Nozzle
The most common type of rocket engine nozzle is the bell nozzle, named after its bell like shape.
Bell nozzles constrict the flow on all sides of the exhaust to control the exhaust expansion. The first bell
nozzles used were de Laval nozzles which were a form of simple converging diverging (CD) nozzles. These
nozzles had a pinched throat that typically led to a 15° diverging nozzle. These worked well for the first
rocket engines but as rocket technology improved it became apparent that the CD nozzles lacked efficiency.
This was changed by Rao’s method for calculating optimum thrust.
G. V. R. Rao was an engineer for Rocketdyne when he came up with a method to create the
optimum bell nozzle geometry. His method helped reduce the size of CD nozzles by up to 60%. The method
he uses is outlined in his paper (Rao 1958). His method uses the nozzle length, ambient pressure, and flow
conditions within the nozzle to optimize the geometry. Using an assumed isentropic flow, a suitable control
surface is chosen based on certain flow properties at that surface location. This design technique for bell
nozzles has since been adopted worldwide and is the standard for bell rocket nozzles.
The bell nozzles designed by Rao’s technique yield impressive efficiencies at the design condition,
however, bell nozzles quickly lose efficiency at other altitudes. These effects change depending on if the
atmospheric pressure is above or below the design pressure. If the atmospheric pressure is below the design
pressure (the rocket is at a higher altitude) the exhaust flow is considered over expanded. On the other hand,
if the atmospheric pressure is above the design pressure (the rocket is at a lower altitude) the exhaust is
under expanded. This can be seen in the CFD simulation done by Biswas and Qiao in Figure 3. Under
expanded exhaust reduces the nozzle efficiency due to an increased amount of shocks, as well as, creating
a “pinch” in the exhaust. This “pinch” causes the exhaust to expand into itself instead of in a parallel
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direction. The flow also has the potential to separate from the wall which, if it occurs, can cause catastrophic
damage to the nozzle structure. An overexpanded flow loses efficiency due to the exhaust exiting the nozzle
and expanding away itself instead of parallel.

Figure 3. Shocks created by under and overexpansion of exhaust flow (Biswas and Qiao
2017)
Ideally the bell nozzle would expand as the rocket gains altitude to maintain efficiency and keep
the nozzle outlet pressure equal to the ambient pressure. This however is very mechanically challenging
and would introduce increased weight to the rocket. Research has been done to investigate a nozzle that
would adapt to the change in atmospheric pressure. These adaptive nozzles boast a higher overall efficiency
when compared to a traditional bell nozzle, however, they lack the experimental foundation to be widely
used. One of the more promising adaptive nozzle designs is the aerospike nozzle.

1.5 Aerospike Nozzle
The aerospike nozzle is one kind of adaptive nozzle and could be used to replace the bell nozzle.
Instead of constraining the flow on all sides of the exhaust only one side is constrained by the nozzle
structure and the other is constrained by the atmospheric pressure. As the atmospheric pressure decreases
the exhaust flow expands. This expansion allows for the exhaust to keep an optimal shape at any altitude.

18
As seen in Figure 4 (a) is the exhaust a low ambient pressure and (c) is the exhaust at a high ambient
pressure. It can be seen that the exhaust expands with the reduction in ambient pressure and maintains an
efficient shape throughout ascent.

Figure 4. Exhaust expansion of aerospike nozzle at various pressures (Turner 2010)
The aerospike nozzle concept has been around since the 1960s and was actually considered for use
on the Saturn V rockets. The aerospike concept does have some difficulties in the design. These difficulties
come in the form of manufacturing the nozzle and cooling the spike since it is enclosed in the hot exhaust
gasses. In annular aerospike nozzles, nozzles which spike is rotated around the center axis, the spike “plug”
needs to be suspended within the flow but not hinder the expanding gasses. This also makes it very difficult
to cool. To answer these cooling challenges aerospike designs have opted to use a linear combustion
chamber and nozzle. This allows for easier manufacturing, cooling, and can have multiple combustion
chambers that can have varied combustion rates for vector control. To allow for even easier cooling the
spike can be truncated, and base bleed can be introduced create a zone of recirculating gasses that replace
the spike of the nozzle. These design implementations can be seen in Figure 5.
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Figure 5. Rocketdyne linear aerospike engine with split combustors (Kirby and Martinez
1977)

1.6 Purpose of Study
Due to the recent developments of additive manufacturing and material science the aerospike has
been brought back into the realm of possible rocket nozzles. Cooling the aerospike nozzle poses a challenge,
thus this study seeks to utilize computational fluid dynamics to investigate the effectiveness of traditional
bell cooling techniques on a linear aerospike nozzle. The techniques investigated are film cooling and
transpiration cooling. Simulated design and research help reduce the cost of manufacturing and allows for
quick design changes and computer aided optimizations. Normal testing of engine performance requires a
scale engine, a test bed of sensors, a pressure chamber to simulate different atmospheres, and large
overheads including fuel, manufacturing and facility costs. These costs cannot be altogether removed
because physical tests are required to ensure that the rocket design works. Simulations, on the other hand,
allow for a reduction in the need for physical tests, due to only having a cost of the simulation licenses and
computer hardware. The results, however, still need to be validated by conducting physical experiments.
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1.7 Statement of Hypothesis
There is a great deal of data, both experimental and theoretical, on the cooling methods used for
bell nozzles. This paper investigates two cooling methods: film cooling and transpiration cooling and
proposes that if these cooling methods can be accurately simulated, they can be applied to the aerospike
nozzle and determine if they are still viable options for cooling the unique aerospike geometry.
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CHAPTER 2: LITERATURE REVIEW
2.1 Aerospike Experimental Development
The last chapter outlined the basics of rocket theory and propulsion. In order for a rocket to be used
countless hours of testing and development need to be performed before an actual launch. In the past
research into rocket design and optimization has been limited to physical tests which require special testing
facilities, expensive fuels, and many permits. While physical tests, also known as hot fire tests, are still
needed to validate designs, advancements in technology allow for the use of computer simulations to
complete tests and validate designs. These simulations allow for a more cost-effective approach to rocket
design that yield precise results but are limited by the available computing power of the system. These
advantages have made simulation studies more popular and are used by companies around the globe to
develop their rockets. In this study in order to minimize the computational load of the simulation a single
cell, characterized by one combustion chamber and the length of nozzle proceeding it, of a linear aerospike
was used to analyze the performance of the rocket nozzle. This section of nozzle will allow for determining
the approximate performance of the nozzle and the effects of various cooling techniques.
There are various methods of analyzing the performance of rockets. Generally, rocket engines are
evaluated based on their overall efficiency. The total efficiency of the rocket is comprised of two parts. The
first part is based on the energy efficiency of the engine. This measures the efficiency of the engine to turn
the energy of the combustion into mechanical work. An engine with 100% energy efficiency would convert
all the heat energy of the rocket into kinetic energy. A rocket engine with 100% energy efficiency is not
possible due to heat loss to surrounding walls and the gas being cooled as it expands. The second efficiency
is the propulsive efficiency. This measures the efficiency of the rocket based on its speed. Rockets are very
inefficient at low speeds due to the exhaust taking a lot of the kinetic energy of the system. Propulsive
efficiency reaches 100% when the rocket is traveling at the same speed of the exhaust, which would be the
rocket’s maximum speed, since the exhaust would appear to stop after leaving the nozzle thus leaving all
of the energy with the rocket. The total rocket efficiency would be the product of the two multiplied
together.
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An experiment conducted by Wang et al. (Wang, Liu and Qin 2009) conducted tests comparing the
thrust efficiency of an aerospike nozzle vs a traditional bell nozzle. They developed their own curve fitting
method of determining the geometry of the aerospike nozzle and compared it to that done by the Angelino
method (Angelino 1964) which uses the method of characteristics to determine the plug shape. They
approximated the geometry of the upstream contour by a parabola, y = a + b*x + c*x^2 and the downstream
by a third order polynomial y = a + b*x + c*x^2 + d*x^3. The point that they connect is determined by the
exhaust expansion. Doing this they conducted an analysis of a 6-cell linear aerospike nozzle and compared
it to a bell nozzle. Both nozzles were made so complete expansion was achieved at nozzle pressure ratio
(NPR) = 1046. NPR is the ratio of the chamber pressure to the ambient pressure. The two nozzle geometries
they tested can be seen in Figure 6.

Figure 6. Left: 6-cell linear aerospike nozzle Right: Bell shaped nozzle for comparison (Wang, Liu
and Qin 2009)
Both nozzles were pumped with a high-pressure gas and the ambient pressure was varied. As the
pressure decreased the nozzles neared their ideal NPR. The efficiency of each nozzle was calculated for
each NPR and the results were plotted against each other. These results can be found in Figure 7.
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Figure 7. Left: Results of aerospike vs bell nozzle test (Wang, Liu and Qin 2009)
The results show the clear improvement in efficiency between the aerospike nozzle and bell nozzle.
At the design point, NPR = 1046 both are equally efficient, however leading up to this point the aerospike
nozzle does not fall below 93% efficiency whereas the bell nozzle begins at 80% efficiency. In this
experiment efficiency was measured as the experimental thrust coefficient CF over the ideal thrust
coefficient CF0 for the two nozzles. The equations for CF and CF0 are:
𝑪𝑭 = 𝑭/(𝑷𝒄 𝑨𝒕 )
𝟏
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Where At is the nozzle throat area, and γ is the ratio of specific heats.
Experimentation done by Verma (Verma 2009) attempted to find the base pressure characteristics
of a conical aerospike as well as the effects of free stream flow and truncation. The experiments were
conducted in a 0.5 m base flow facility with a flow speed of Mach 2. The geometry used was a 15° half
angle conical plug, with both a full spike and a 40% truncated model. The base of the plug was fixed at 25
mm radius and the throat gap was 9 mm. From their experimentation they found that freestream flow
decreased the nozzle’s performance by 4% and the pressure on the base of the truncated spike was strongly
influenced by the movement of shocks along the spike’s surface.
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Research done by (Kumakawa, Onodera and Yoshida 1998) investigated the performance of
different combustion cycles and their coordination with the aerospike geometry. The rocket they
investigated was a LE-7, 1080 kN thrust, O2 H2, linear aerospike rocket. They compared full expander,
expander bleed, gas generator, and staged combustion and categorized these by performance, weight,
complexity, and cost. Their analysis showed that each engine cycle had pros and cos when paired with an
aerospike nozzle. A chart of their findings can be found in Figure 8.

Figure 8. Performance findings of (Kumakawa, Onodera and Yoshida 1998)

2.2 Nozzle Cooling Characterization
Liquid fueled rockets offer designers various cooling options. Each of these options are best suited
for different applications and each has its own benefits and drawbacks. A paper done by researcher Clifford
Coulbert (Coulbert 1964) identified the current techniques used by liquid fueled rockets and attempted to
create a screening chart for the uses of each. It should be noted that the paper was published in 1964 but in
the 57 years since, rocket nozzle cooling techniques have remained nearly the same. The results of the study
were concisely presented in a chart which characterized each cooling method by the same parameters. These
cooling methods show that each are suitable for different environments and applications. The different
cooling methods discussed include, regenerative cooling, radiation cooling, ablation cooling, film cooling
by the fuel, stored transpiration cooling, open tube or dump cooling, and heat sink cooling. These methods
were originally intended by the author to be used on bell nozzle engines; however, most are also applicable
to an aerospike nozzle design. Some cooling options, namely the radiation and heat sink cooling, would be
extremely complicated to implement due to the nozzle body being submerged in the hot exhaust gasses.
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More recent rocket cooling research into regenerative cooling includes a thesis done by Christopher
Bradford (Bradford 2011) who characterized cooling channels for methane rockets. The experiment
inspected different aspects of the cooling channels including, sizing, shape, topology, aspect ratio (h/w) and
channel shape and determined an optimum shape and operation condition. The engine being studied was a
methane oxygen, 50 lbf rocket which used liquid methane as the coolant. The process to optimize each
parameter utilized CFD. The data obtained, however, can be used to optimize a number of different sized
rocket engines operating at different conditions. The study here was only conducted on a bell nozzle rocket
engine, but the physics and theory still apply to a rocket using the aerospike geometry.
Research conducted by Hombsch and Olivier (Hombsch and Oliver 2013) investigated the effects
of film cooling in both laminar and turbulent supersonic flow. The experiment utilized a flat plate which
was designed to guarantee a two-dimensional flow down the centerline where the results were taken. The
experiment investigated the effects of various film cooling injection angles, mass flow rates, and different
freestream conditions to find correlations in cooling efficiency. They found that film cooling is much more
efficient in laminar flow when compared to turbulent flow. The efficiency of the cooling increases with
increasing the Reynolds number in the mainstream flow because a higher Reynolds number yields smaller
boundary layers. For the injection angle it was found that tangential blowing was best, followed by angled
slot blowing and finally a filed of blowing holes. The most important parameter of the cooling liquid is the
density of the coolant at reservoir state. The nature of this two-dimensional analysis allows the findings to
be applied to either a bell-shaped nozzle or an aerospike shaped one.
As early as the 1960s research has been conducted into the prospects of transpiration cooling (Terry
and Caras 1966). Transpiration cooling combines both film cooling and regenerative cooling by utilizing
the channels of regenerative cooling as a reservoir and introducing the coolant into the exhaust stream down
the length of the nozzle to film cool it. The challenge with this design is in manufacturing the holes that
will create the films. The research done by Terry and Caras investigated the feasibility of transpiration
cooling during the initial stages of rocket design. Their work looked at the theory behind transpiration
cooling and the experiments done by others at the time. They investigated both gaseous and liquid film
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cooling and found that gases with low molecular weight are more attractive as coolants because they will
reduce the loss of specific impulse. Their results on liquid film cooling were less definitive. At the time of
publishing the scientific community lacked analytical work on liquid film cooling but the equations and
theory showed it to have good promise.
Researchers from the U.S. Air Force Institute of Technology (Keener, et al. 1995) conducted more
recent studies to investigate the effects of transpiration cooling on the heat transfer and performance of a
rocket nozzle. Their study involved various blowing conditions using a blowing ratio as the measurement
of the amount of coolant introduced into the rocket stream. The blowing ratio was the relationship between
the transpiration coolant mass flow rate and the exit mass flow rate. The ratios used varied between 0.013%
and 1.12%. The results of the experiment show that transpiration cooling can reduce the heat transfer of the
rocket nozzle by as much as 14%. The study also determined the negative effects that transpiration cooling
has on the rocket engine performance. The specific impulse and thrust coefficient losses were very small,
reduced by less than 0.6%, and the average exit Mach number was reduced by 2%. Overall, the study
concluded that transpiration cooling is an effective, yet complex, method to cool rocket nozzles.

2.3 Computational Development
As technology has developed computers have become increasingly used as instruments in both
design and testing of rocket engines. Even from the early days of rocket development computers and
calculators have been used to define the physics behind rocket propulsion, and today are still used to
continuously optimize and improve designs. Computers are used a variety of different ways. The most basic
use is to solve equations that are too complex or time consuming for people to do by hand. These equations
range from creating the geometry to estimating the operating conditions of the rocket. The other use
computers have is to create three dimensional geometries of rocket engines to ensure all the equipment fits
well together and it will all operate smoothly.
As stated earlier one of the main functions of a computer is to solve complex equations and
equations that are very time consuming. One of the earliest examples of this being used was by scientists
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and engineers at Rocketdyne. Engineer G. V. R. Rao (Rao 1958) is known for creating the first optimization
algorithm for rocket nozzles. His algorithm optimized the bell nozzle geometries for any given nozzle area
ratio and length. His design, named the Optimum Thrust Method, led to shorter and more efficient nozzles
(Kraemer and Wheelock 2006). His method worked by assuming the flow had uniform properties along a
control surface. He would then solve for when the pressure along the control surface matched the design
atmospheric pressure. By completing these equations at various instances, the optimum nozzle shape would
be formed. Solving these equations by hand takes a long time and is prone to errors. Engineers rely on
computer programs to solve these equations efficiently.
During the development of the aerospike engine, it became apparent that similar algorithms needed
to be created to design an optimum nozzle geometry. Engineer C. C. Lee (Lee 1963) created a
FORTRAN program for NASA to develop plug nozzle rocket nozzles. The program uses a modified
version of the Rao Optimum Thrust Method to solve for the optimized geometry. Like Rao’s
method Lee’s used characteristics surfaces to solve for the nozzle wall. The script was also able to
evaluate and estimate the flow properties using the method of characteristics. Recently students on
MIT’s Rocket Team have taken the code created by C. C. Lee and converted it from FORTRAN to
Python and added the ability to predict the thermodynamic properties of the exhaust along the nozzle as
well as the overall performance and plot the results. Their code uses the assumptions that the ratio of
specific heats and molar mass of the exhaust is constant, and that the expansion is adiabatic and
isentropic. These allow for a simpler program but introduce error to the results (Vernacchia 2016).
This program will be used to develop the geometries in this study.
Research work done by Kumar et al. (Kumar, et al. 2017) focuses on using CFD to take an initial
aerospike design and algorithmically optimize it. They analyzed the flow properties around the spike design
in both a full spike and truncated spike. The created exhaust contours, (Kumar, et al. 2017) Figure 7, that
depict the creation of shocks waves at low design altitude. These shock waves create losses in the flow and
reduce the efficiency of the rocket.
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Figure 9. Exhaust flows of an aerospike nozzle at various altitudes (Kumar, et al. 2017)
A numerical analysis of an aerospike reveals that at higher altitudes the bell nozzle will outperform
it. Thus, it is beneficial to design the aerospike at the highest possible altitude. If the aerospike is properly
designed, it will outperform a bell nozzle with almost 90% better overall performance. The rocket will also
use 25-30% less fuel at lower altitudes. At higher altitudes aerospike rockets with large expansion rations
(200-300:1) are also found to increase thrust and specific impulse by 5-6% (Kumar, et al. 2017).
With the advancement of computers and computational capabilities, the ability to solve complex
fluid flow problems became a possibility with the help of computational fluid dynamics. By discretizing
the fluid domain and solving various turbulence models accurate visualizations of the flow can be
developed.
Researchers Nair et al. (Nair, Survan and Kim 2019) conducted a study creating a CFD model of a
truncated aerospike nozzle with various rates of base bleed. The CFD program utilized by them was ANSYS
Fluent using the finite volume Reynolds averaged Navier Stokes (RANS) solver. They conducted their
computational study based on the physical research of (Verma 2009). Their study focused on a twodimensional axisymmetric study of the conical aerospike. In the research they did they determined that the
shear stress transport (SST) k-ω turbulence model was suitable for predicting flow separation and shocks
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along the spike. This turbulence model was developed by (Menter 1994). It uses the k-ω model in the near
wall region and the k-ε model in the far field. The k-ω model is given by these two equations:
𝜕
𝝏
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(𝝆𝒌𝒖𝒊 ) =
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The results from this study show an accurate representation of the flow development and shock
propagation. Figure 7 contains the comparison of the CFD model with the shocks from the physical model.
The study of shock propagation is important to improve the efficiency and performance of the
engine. Shocks are introduced at low altitudes where the atmospheric pressure is high and constrains the
exhaust flow. The shocks introduced by this compression hinder the flow and introduce losses in the
exhaust. There are various ways to minimize this but the most important one is the design of the nozzle
contour.

Figure 10. Comparison of computational data from (Nair, Survan and Kim 2019) and experimental
data from (Verma 2009)
A few observations on Nair’s study show that the geometry of the aerospike was not optimized,
instead a linear conical shape was used. The performance of the flow and development of shocks can be
improved by using the geometric techniques outlined by C. C. Lee. The amount of flow separation can be
reduced or possibly removed along the spike geometry.
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Along with the previous mentioned numerical work done by Kumar et al. (Kumar, et al. 2017),
they also conducted a CFD optimization study. The parameters they set to optimize were the effect of
truncation, effect of base bleed, and effect of thruster aera ratio. The truncation was varied from 10% up to
60%. Base bleed was added to each of the truncation models and was a parameter for optimization. Finally,
the aera ratio was varied from 1.2 to 1.5. As stated, before the higher the area ratio the less that bell nozzles
will outperform aerospike nozzles at higher altitudes.
The results of their simulations showed that a full spike had a maximum Mach number of 3.82 and
as the truncation increased it lowered to 3.51 at 60% truncation. These values were obtained by using a SA turbulence model. The mass flow required for base bleed was found to increase with the percentage of
truncation. The 20% truncated nozzle required a 2 mm bleed hole and .6356% of the mass flow to be bled
from the base. The 60% truncated nozzle required a larger bleed hole, 8.512 mm and more mass flow
11.5135%. These numbers are important when determining the amount of truncation. More truncation
means an easier to cool nozzle but sacrifices mass flow efficiency and exhaust velocity.

2.3 Base Bleed
Truncation of the end of the aerospike nozzle has advantages and disadvantages. The main
advantage is that it becomes easier to cool. The disadvantage of cutting off the spike is that the performance
decreases due to the creation of a recirculation zone in the absence of the spike. The fix to this performance
loss is to introduce base bleed at the base of the aerospike. Base bleed fills the recirculation zone and creates
a filled volume that keeps the exhaust gas on the intended trajectory.
It was found that the amount of base bleed had a direct relation on the overall efficiency of a
truncated aerospike engine. Again, drawing from the research done by Wang et al., the base bleed was
measured as a ratio of the mass flow injected into the base region to the total mass flow in the combustion
chamber (Wang, Liu and Qin 2009). They varied the base bleed from 0% up to 4%. The found that the
optimum base bleed was between 1.5-2%. It was also found that too much base bleed resulted in a decrease
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in performance, with 4% base bleed having slightly lower efficiency than 2% base bleed. The results of the
study are shown in Figure 10.

Figure 11. Effect of different rates of base bleed on the efficiency of an aerospike nozzle
(Wang, Liu and Qin 2009)
The study conducted by Nair et al. (Nair, Survan and Kim 2019) also focused on base bleed. The
focus of their study was on the location of the base bleed. They used a 2% base bleed at two locations on a
40% truncated conical plug nozzle. The two locations are displayed in Figure 11. The first location (bb1)
is in the center of the base and the second location (bb2) was around the edge of the base.

Figure 12. Positions of base bleeding in a 40% conical plug nozzle (Nair, Survan and Kim
2019)
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The effect of 2% base bleed at each location was compared to a full nozzle and a nozzle with no
base bleed. The results were close but the base bleed at the edge of the base provided the best results, as
seen in Figure 13

Figure 13. Comparison of performance of base bleed configurations (Nair, Survan and Kim
2019)

2.4 Rocket Nozzle Cooling Techniques
During the development of modern rocket engines lots of developmental focus was put on the
cooling of the nozzle. The nozzle needs to channel the extremely hot exhaust gasses without melting or
losing its integrity. A study on various cooling techniques, and how to select the appropriate one was
conducted by Clifford Coulbert of the Marquardt Corporation in 1964 (Coulbert 1964). In his review he
outlines the various parameters that effect the selection of a cooling technique. Some of the parameters he
outlines include, thrust and burn time, throttling range, number of engines, fuel choice, pressure limits,
physical size limitations, and many more. The main cooling techniques he analyzes are regenerative
cooling, radiation cooling, ablation cooling, film cooling (by fuel), transpiration (stored), open tube (H2),
inert heat sink, endothermic heat sink.
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2.5 NASA SSTO X-33 Project
The ability of the aerospike nozzle to maintain a high efficiency at a wide range of altitudes lends
it to be considered for SSTO flight. SSTO stands for single stage to orbit. This flight type replaces the
conventional multi staged rocket design and instead uses one vehicle that can go from sea level to space in
one stage. This vehicle type leads to many advantages such as, reusability, reduced fuel costs, and reduced
payload costs. These potential savings prompted NASA to initiate the Reusable Launch Vehicle (RLV)
Program in 1994. NASA’s goal was to reduce payload costs from $10,000 to $1,000 per pound. This led to
Lockheed Martin’s X-33. The X-33 was a small-scale demonstrator for the VentureStar, Lockheed’s
proposed SSTO vehicle to replace the Space Shuttle. The X-33 was planned to have two XRS-2200 linear
aerospike engines. The XRS-2200 was a scale model of the final engine, RS-2200, and was constructed by
modifying Rocketdyne’s J-2S engine. These engines were planned to have a takeoff thrust of 410,000 lbs.
(NASA Historical Fact Sheet; X-33 Flight Operations Center 2008).
The J-2 rocket was the rocket NASA used on the Saturn IB and Saturn V rockets. These were made
by Rocketdyne and used from 1966-1975. The J-2S was an upgraded version of the J-2 that used a tap off
cycle for the engine. Tap off cycles take combusted gasses from the combustion chamber and routes them
to power the engine fuel pumps. After the gasses are used to power the turbine, they are exhausted. The tap
off cycle provides a simpler engine method, only using one combustion chamber, and having a less stressful
shutdown procedure. The tradeoffs are that since the fuel pumps are powered by the combustion chamber
the startup procedure is more complicated than other cycles.
The simplicity of the tap off cycle did, however, lead to the J-2S engine to being used on the XRS2200. NASA and Rocketdyne continued to test and develop the XRS-2200 into the early 2000s. The XRS2200 was tested numerous times and underwent hot firing tests, seen in Figure 14. The X-33 and
VentureStar program were eventually canceled in early 2001. The X-33 was canceled after multiple
problems with the fuel tank caused the project to go over budget and NASA canceled funding.

34

Figure 14. XRS-2200 hot fire test (NASA Historical Fact Sheet; X-33 Flight Operations Center 2008)
In recent years the topic of aerospike nozzle research has begun to be investigated again. With an
increased demand for space travel investigative aerospike studies have been taken up by other graduate
theses at Utah State University (Armstrong 2019), Air Force Institute of Technology (Hall 2011), and
University of Tennessee (Lash 2015).

35
CHAPTER 3: METHODS
3.1 Software
This study relies heavily on accurate computer aided design (CAD) models and computational fluid
dynamics (CFD) simulations. The accuracy of both the CAD models and CFD simulations models are
important for getting accurate results. Many different types of software will be utilized to achieve highly
accurate results. The geometry models were created using SolidWorks. SolidWorks is an engineering CAD
software that is used in many industries to create and edit 3D models. SolidWorks is published by Dassault
Systèmes. Another important factor for choosing SolidWorks is its drag-and-drop compatibility with the
CFD simulation software used in this project, ANSYS 2020 R2. Models created in SolidWorks can be
directly imported into ANSYS, thus reducing the need for unnecessary model transfer procedures.
The CFD analyses in this experiment will be conducted using ANSYS Fluent 2020 R2. ANSYS
itself is an engineering Multiphysics simulation and design software. The ANSYS workbench is a tool that
contains all the Multiphysics modules in one place and allows users to seamlessly use multiple programs
and utilities together. The simulations in this experiment used the Fluent module. This module included the
geometry imported from SolidWorks, Fluent meshing software, Fluent setup and solution, and the optional
CFD post. Fluent has the ability to post process results as well as running automated scripts called journals.
For this reason the CFD post was not utilized and all pos-processing was completed in Fluent via journal
scripts.
While workbench provides a very useful tool for organizing and creating simulations, the
simulation computing power is limited to what is on the local machine. For this experiment the setup files
were taken from workbench and transferred to Georgia Southern University’s Talon cluster. The Talon
cluster is a high-performance computing (HPC) cluster that utilizes multiple processing units to solve
computationally complex problems quickly. This is accomplished by taking a CFD analysis and splitting it
between multiple partitions and spreading these partitions over multiple CPUs to distribute the work. Each
CPU solves its partition and then each solved part is reconstructed into a full solution. The solution file is
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then downloaded, and post processed in ANSYS CFD Post. This method can reduce simulation time by
nearly 1000% for complex problems.
The need to use the Talon cluster comes from the long simulation times needed for accurate results.
Accurate results are created by very fine model meshing. A fine mesh increases calculation time due to the
increase of points where the flow is calculated. Another large influence of simulation time is the timestep.
The timestep is determined based on the displacement and velocity of the fluid. The equation for the
timestep is
𝒅𝒕 =

𝒅𝒙
𝑽

12

Where dx is the displacement, and V is the velocity. The time step is inversely related to the velocity so
fast-moving flows need a very small timestep to accurately capture the fluid motion. The combination of
small mesh sizes and small timesteps will yield very accurate results but may take hundreds of hours without
the use of a HPC cluster.

3.2 Geometry
3.2.1 Baseline Geometry
CFD analyses are extremely useful, however, they require physical, experimental data to validate
their solutions. In this study the validation of the simulations is based on the work done by researchers in
Beijing University (Wang, Liu and Qin 2009). They conducted both hot and cold experiments on a threecell aerospike nozzle. The hot fire results and geometry are used here to validate the results and will act as
the control for these experiments. The geometry consists of a single side of the symmetrical, linear aerospike
nozzle and consists of three round-to-rectangle nozzles which guide the exhaust gasses from the combustion
chamber to the spike geometry. Round-to-rectangle nozzles are similar to bell nozzles, they have a circular
throat, but instead of a circular exit the geometry transitions to a rectangle as seen in Figure 15. Round-torectangle nozzles on normal rockets allow for easier vectoring, but here they are used to guide the
combustion exhaust down the length of the plug wall to create even thrust. In an ideal scenario there would
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be one long combustion chamber to allow for even exhaust along the plug nozzle. This reduces hot spots
and evens the thrust over the nozzle, but by dividing the combustion along multiple nozzles, vectoring can
be achieved by varying the combustion in each chamber.

Figure 15. Round-to-rectangle geometry from (Wang, Liu and Qin 2009)
The next element of the geometry is the plug ramp. The researchers (Wang, Liu and Qin 2009)
utilized a curve fitting analysis based on the work of (Angelino 1964). They found that the full plug contour
can be described by two mathematical curves shown in Figure 16. The first is the is the contour CD, which
is approximated by a parabola:
𝒚 = 𝒂𝟏 + 𝒃𝟏 𝒙 + 𝒄𝟏 𝒙𝟐
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And the downstream curve DF is approximated by the third order equation:
𝒚 = 𝒂𝟐 + 𝒃𝟐 𝒙 + 𝒄𝟐 𝒙𝟐 + 𝒅𝟐 𝒙𝟑
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These two curves meet smoothly at point D. Point D is dependent on the exhaust expansion of the nozzle.
Based on the method proposed by (Angelino 1964) ED is assumed to be half of the of the angle of the
primary expansion wave EF at design conditions. The expansion wave EF is the last expansion wave and
after it the exhaust pressure is equal to the ambient pressure and the exhaust flows in the direction of the
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aerospike nozzle. The angle of EF, denoted by α, and the length, L, are solved for by the following
equations.
𝜶 = 𝜈(𝑴𝑬 ) − 𝜈(𝑴𝑭 ) − 𝜽𝒆
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𝑳 = 𝒎̇𝑴 / 𝝆𝑽𝑾
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Where ν(M) is the Prandtl-Meyer function, with ME and MF being Mach numbers at design conditions for
points E and F respectively. θe corresponds to the contour divergence of the primary nozzle. In
determining the length, ṁ is the mass flow rate, M is the Mach number of the exhaust past the expansion
wave, ρ is the density, V is the velocity, and W is the width of the plug nozzle.

Figure 16. Full plug contour design (Wang, Liu and Qin 2009)
Using these equations, the full contour of any nozzle can be determined by only three design
conditions, the throat height Dt, the round-to-rectangle nozzle area ratio εc, and the full spike area ratio εall.
The combustion in the experimental rocket used hydrogen and oxygen. These were introduced into
the combustion chamber via three axial swirl injectors. The injectors ensured that the fuel and oxidizer were
properly mixed prior to combustion. The experiments also utilized an array of 1 mm diameter holes in the
injector plate to jet hydrogen for cooling purposes. Figure 17 shows the three injector elements and cooling
holes on the as well as the complete experimental setup.
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Figure 17. (Left) Injector elements, (Right) Full experimental setup (Wang, Liu and Qin 2009)
The geometry used in these experiments was constructed off the following design specifications.
Parameter
Value
Mixing Ratio β
5.46
Combustion chamber pressure Pc
3.85 MPa
Combustion chamber temperature Tc
3427K
Specific heat ratio γ
1.198
Gas constant Rg
632.0 J/kg K
0.901 kg/s
Total flow rate ṁall
Nozzle inclination α
37.5°
Overall area ratio εall
80
Round-to-rectangle nozzle area ratio εc
5.77
Nozzle throat diameter Dt
16 mm
Complete expansion at NPR
1139
Table 1. Aerospike rocket design conditions based on (Wang, Liu and Qin 2009)

3.2.1.1 Conversion to CAD
The goal of the CAD model is to match the physical geometry as closely as possible while also
simplifying it to allow for quicker simulations. The quickest and easiest way is to remove redundancies.
For example, if the experiment used the full aerospike nozzle (top and bottom) it would be best to model
only have the nozzle. Since the physical experiment was only on half of the nozzle this doesn’t need to be
done. The next thing that can be removed is the three injectors. Fluent allows for pre-mixed boundary
conditions which removes the need for computationally expensive, and geometrically complex axial swirl
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injectors. The last part of the experiment that can be simplified is the three combustion chambers. By
assuming each combustion chamber is operating under similar conditions only 1 chamber needs to be
modeled. This will reduce the size of the simulation by 66% and improve simulation times. The effect of
the other nozzle’s exhaust gasses will be represented by the symmetric boundary conditions.
The simplified CAD model for the CFD domain can be found in Figure 18. The top shows the
simplified combustion chamber and the round-to-rectangle nozzle, and the bottom shows the entire fluid
domain. The combustion chamber was set to 200 mm long to allow for complete combustion. The domain
extends 600 mm from the end of the nozzle, and 400 mm high. This allows for the complete expansion of
the exhaust gasses at the high altitude, high NPR simulations. The nozzle inclination is still 37.5° to match
the experimental setup.
Flow Direction

Flow Direction

37.5°
Figure 18. (Top) Simplified combustion chamber and round to rectangle nozzle (Bottom) Simplified
CFD domain (Wang, Liu and Qin 2009)
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3.2.2 Cooling Technique’s Geometry Creation
This study will seek to find the effectiveness of two different types of cooling techniques: film
cooling, and transpiration cooling. Each of these techniques will require slight modifications to the baseline
domain geometry to incorporate the cooling technique.

3.2.2.1 Film Cooling
The film cooling technique works by introducing a layer of coolant over the rocket structure to
protect it from the hot exhaust gasses. The coolant can be either a liquid or gas, but in this study gaseous
hydrogen is use. Researchers Ludescher and Oliver (Ludescher and Oliver 2021) investigated the effects of
film cooling in supersonic hot gas flow. Their experiments tested various conditions to see their effect on
the film cooling efficiency. The researchers conducted the film cooling studies on both a conical nozzle and
dual bell nozzle. Based on their results the researchers constructed a table to summarize the influence of
various film cooling parameters. These parameters are found in Table 2.
Parameter
Cooling Efficiency
Coolant mass flux
Increases
Channel size
Increases
Mach number coolant
Increases
Heat capacity coolant
Increases
Prandtl number coolant
Decreases
Molar mass coolant
Decreases
Injection pressure coolant
Increases
Distance from injection point
Decreases
Blowing ratio
Increases
Momentum flux ratio
Increases
Table 2. Influences of film cooling parameters (Ludescher and Oliver 2021)
Based on the observations of Ludscher and Oliver the control geometry (Figure 18) was modified
to introduce a film cooling channel. The channel is assumed to go the entire distance of the nozzle and have
a constant inlet flow. The nozzle is offset from the combustion chamber nozzle by 10 mm, inclined at a 15°
off the combustion chamber centerline, and has a nozzle size of 1 mm. These geometric conditions take
advantage of the increased cooling efficiency of a large channel and being extremely near to the injection
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point. A small 0.25 mm chamfer was added to the upstream side of the cooling inlet to reduce the numerical
errors in the simulation.

Figure 19. Film cooling location and geometric features
To evaluate the parameters outlined in Table 2, the cooling inlet angle was varied from 15° degrees
off center to 30°. The film inlet was also varied from 1mm up to 3mm for each angle. According to
(Ludescher and Oliver 2021) the larger angle and larger inlet size should positively affect the film cooling
efficiency.

3.2.2.2 Transpiration Cooling
Transpiration cooling is the method of cooling where cold fluid is inserted into the fluid domain
throughout the length of the body. In this simulation the body is a porous material based on (Munk, et al.
2022) and (Dittert and Kütemeyer n.d.). The wall thickness was set to 10mm as seen in Figure 20. The
material used is OCTRA10. OCTRA10 is a porous material whose material properties are outlined in Table
3. OCTRA10 is an anisotropic material which means that the thermal conductivity differs in the parallel
and perpendicular directions. The specific heat capacity was given as a range between 604-907 J kg-1 K-1
but a constant value of 750 J kg-1 K-1 was used in this experiment.
OCTRA10 Physical Properties
Density (kg/m3)
Molecular Mass (g/mol)
Specific Heat Capacity (J/(kg K))
Thermal Conductivity (parallel) (W/ (m K))
Thermal Conductivity (perpendicular) (W/ (m K))

1940
12.01
750
18.5
10
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Table 3. Physical properties of OCTRA10 (Munk, et al. 2022) and (Dittert and Kütemeyer n.d.)

Figure 20. Transpiration Cooling Domain

3.3 Simulation
The studies require the use of a multiphysics engineering software to compute the fluid dynamics
and resulting heat transfer of the fluid. ANSYS Fluent 2020 R2 was the software chosen to handle the
complex CFD simulations. Fluent is contained in the ANSYS workbench which also has complimentary
tools such as a meshing software and CFD post.
The workflow for these simulations is to create the geometry in SolidWorks, import the geometry
into the ANSYS workbench Fluent module, mesh the domain using Fluent meshing, setup the Fluent
simulation, export the initial files to the HPC cluster, and then post process the results.

3.3.1 Meshing
Each of the simulation domains have differences but are overall very similar. This similarity allows
for constant meshing techniques to be used across all simulations. The similarity of the meshing techniques
will allow for more uniform results and more accurate comparisons. The two important factors to determine
a good mesh is element type and element size.
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3.3.1.1 Element Types
The Fluent meshing tool, which is built into the Fluent module, was used to create all the meshes
for these analyses. ANSYS has developed a tool called Fluent Mosaic which is able to automatically
connect any type of mesh element to another. The first implementation of this is a mesh structure called
poly-hexcore meshes. Poly-hexcore meshes create a boundary layer of isotropic poly-prisms and fills the
bulk region of the domain with octree hexahedron elements. This highly ordered mesh results in
approximately 20 to 50% reduction in element count and speeds up the solve time by up to 50% (Zore, et
al. 2019). Figure 21 shows the different regions that the poly-hexcore mesh creates. The blue represents the
hexahedral elements, the yellow is the polygonal boundary layer, and the green is the mosaic mesh that
connects the polyhedral to the hexahedral cells.

Figure 21. Breakdown of Poly-hexcore mesh (Zore, et al. 2019)
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3.3.1.2 Mesh Sizing
Mesh sizing has a large impact on the accuracy of the model as well as the simulation time. A very
fine mesh will give very accurate results but will increase the solution time, whereas a coarse mesh will
increase solution time but decrease accuracy. A way to balance this is to have regions of fine mesh and
coarse mesh. These regions of fine mesh are placed where either accuracy is important, or flow conditions
require a fine mesh. The coarse regions of mesh are used where accuracy is not as crucial, or the flow does
not require it. By using mesh refinement tools these fine and coarse regions can be created to find the
optimum trade of between computational cost and accuracy.
The Fluent meshing tool has numerous tools to refine the mesh. The refinement techniques used in
these simulations will be the body of influence (BOI) and the face size. The BOI tool allows for the mesh
to be refined in a specific area which is defined as the intersection of two solid bodies. This requires
modeling of additional bodies in SolidWorks which will be used as refinement zones. Three BOI zones are
used in these simulations. Zone A represents the default mesh settings and does not have a BOI applied to
it. Zone B refines the mesh in the approximate area the exhaust will travel. Zone C has the finest mesh
because it is the area closest to the nozzle wall and the outlet of the combustion chamber. Zone D is the
combustion chamber before entering into the round to rectangle nozzle. Figure 22 contains the locations of
the zones and Table 4 contains the sizes for each zone.

A
D

B
C

Figure 22. Body of Influence zones (control geometry shown)

46
Zone Label
A
B
C
D

Mesh Size (mm)
8
4
2
3
Table 4. Body of influence mesh sizes

The other type of mesh refinement tool used was the face sizing tool. Face sizing, as the name
suggests, defines the size of the elements along the chosen face. This refinement method was added to the
nozzle wall to increase the accuracy of the flow near the wall as well as the different fluxes on the wall.
The last manual mesh refinement was a set of inflation layers on the polygon boundary elements.
These were setup with 3 layers and were created as smooth transition with a transition ratio of 0.272 and
growth rate of 1.2. Fluent automatically added these on all walls in the fluid region.
Lastly Fluent has built in refinement tools to help automatically refine the mesh in areas of high
curvature. This tool will refine the mesh if an element is trying to be meshed on a part of geometry that
exceeds a certain angle. In the case of these simulations this value was set at 18 degrees. And the minimum
element size was set at 0.25 mm.
Using the outlined refinements results in a fine mesh with Table 5 containing the number of nodes
and cells. Figure 23 contains the mesh around the combustion chamber
Cells
Faces
Nodes
1,192,174
5,755,281
3,762,988
Table 5. Number of cells, faces and nodes

Figure 23. Mesh at the upper combustion chamber exit showing inflation layers and curvature
refinement
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3.3.2 Simulation Setup
Each of the simulations have the same boundary conditions at the combustion chamber inlet and
outlet. In these experiments the cooling technique’s effectiveness does not depend on time and thus the
steady state time option was used instead of transient. The steady time assumes that the nozzle is operating
at a single altitude and so two altitudes are analyzed to see the cooling effectiveness at a low and high
atmospheric pressure. The steady state simulation also is less computationally taxing when compared to a
transient simulation. The steady state simulation computes the flow for each time step and then compares
the difference to the last time step. This difference is computed for several variables and is called a residual.
As the flow develops the residual reduces and once it reaches a certain criterion the flow is said to have
converged. The downside of the steady state method is that it cannot capture the vortices in the exhaust,
since those vary with time, but this does not affect the heating and cooling of the nozzle wall.
These simulations were solved using Fluent’s density-based solver. Using the density-based solver
helps improve the accuracy of the simulation since there are regions of extremely high velocity and shocks
are present. This solver also requires the densities of the fluids, and for this study the densities are set to
ideal gas. This will vary the density of the fluid based on the local flow conditions.

3.3.3.1 Computational Models
3.3.3.1.1 Heat Transfer Equations
Ansys Fluent has the ability solve the heat transfer methods of convection, conduction and
radiation. This study will only use the convection method since there is no solid-solid interfaces and
radiation is not in the scope of this project. Ansys solves the convection heat transfer using the following
equation:
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𝝏
𝒗𝟐
𝒗𝟐
(𝝆 (𝒆 + )) + 𝛁 ∗ (𝝆𝒗 (𝒉 + ))
𝝏𝒕
𝟐
𝟐
⃗ ) + 𝑺𝒉
= 𝛁 ∗ (𝒌𝒆𝒇𝒇 𝛁𝑻 − ∑ 𝒉𝒋 ⃗⃗𝑱𝒋 + 𝝉̿𝒆𝒇𝒇 ∗ 𝒗

17

𝒋

Where 𝒌𝒆𝒇𝒇 is the effective conductivity, which is determined by the turbulence model being used,
⃗⃗𝑱𝒋 is the diffusion flux of species (Ansys Fluent Theory Guide 2022, 160).

3.3.3.1.2 Turbulence Model
This simulation utilizes the Realizable k-ε turbulence model. The realizable turbulence model is
different from the standard model because it uses an alternative method for computing turbulent viscosity,
and there is a modified transport equation for the dissipation rate, ε. The name realizable refers means the
model is able to satisfy certain mathematical constrains on the Reynolds stresses, which are consistent with
the physics of turbulent flows. This model shows significant improvements over the standard k-ε model
where the flow includes strong streamline curvature, vortices, and rotation (Ansys Fluent Theory Guide
2022, 55). Another advantage the realizable k-ε model has over the standard model is in the prediction of
spreading rates of jets which is important in this study. The modeled transport equations for k and ε are:
𝝏
𝝏
𝝏
𝝁𝒕 𝝏𝒌
(𝝆𝒌) +
[(𝝁 + )
] + 𝑮𝒌 + 𝑮𝒃 − 𝝆𝜺 − 𝒀𝑴 + 𝑺𝒌
(𝝆𝒌𝒖𝒋 ) =
𝝏𝒕
𝝏𝒙𝒋
𝝏𝒙𝒋
𝝈𝒌 𝝏𝒙𝒋
𝝏
𝝏
(𝝆𝜺) +
(𝝆𝜺𝒖𝒋 )
𝝏𝒕
𝝏𝒙𝒋

where

𝝏

𝝁

𝝏𝜺

𝜺𝟐
+
√𝒗𝝐
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= 𝝏𝒙 [(𝝁 + 𝝈 𝒕 ) 𝝏𝒙 ] + 𝝆𝑪𝟏 𝑺𝜺 − 𝝆𝑪𝟐 𝒌+
𝒋

𝜺

𝜺
𝑪𝟏𝜺 𝒌 𝑪𝟑𝜺 𝑮𝒃

𝑪𝟏 = 𝐦𝐚𝐱 [𝟎. 𝟒𝟑,

𝒋

+ 𝑺𝜺
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𝜼
𝒌
] , 𝜼 = 𝑺 , 𝑺 = √𝟐𝑺𝒊𝒋 𝑺𝒊𝒋
𝜼+𝟓
𝜺

Here 𝑮𝒌 represents the generation of turbulence kinetic energy due to the mean velocity gradients,
𝑮𝒃 is the generation of turbulence kinetic energy due to buoyancy, 𝒀𝑴 is the contribution of the fluctuating
dilatation in compressible turbulence to the overall dissipation rate, 𝑪𝟏 and 𝑪𝟐 are constants, 𝝈𝒌 and 𝝈𝜺 are
the turbulent Prandtl numbers for k and ε.
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3.3.3.1.3 Species and Reaction
Since this simulation is based on the heat of combusting hydrogen and oxygen an accurate
combustion model needs to be simulated. ANSYS Fluent has numerous options to choose from, but for this
experiment the species transport with volumetric reactions was chosen. When the species transport option
is selected Fluent predicts the local mass fraction for each species, 𝒀𝒊 , through the solution of a convectiondiffusion equation for each species, 𝒊. The general form for this equation is
𝝏
(𝝆𝒀𝒊 ) + 𝛁 ∗ (𝝆𝒗
⃗ 𝒀𝒊 ) = −𝛁 ∗ 𝐉𝒊 + 𝑹𝒊 + 𝑺𝒊
𝝏𝒕
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Where 𝑹𝒊 is the overall rate of production of species 𝒊 by the chemical reaction. 𝐉𝒊 is the diffusion
flux of species which comes from gradients of concentration and temperature. Fluent uses Fick’s law
to model mass diffusion due to concentration gradients. Thus, the diffusion flux can be seen in
Equation 21.
𝐉𝒊 = − (𝝆𝑫𝒊,𝒎 +

𝝁𝒕
𝛁𝐓
) 𝛁𝒀𝒊 − 𝑫𝑻,𝒊
𝑺𝒄𝒕
𝐓

21

In this equation 𝑫𝒊,𝒎 is the mass diffusion coefficient for the species, 𝑫𝑻,𝒊 is the thermal (Soret)
diffusion coefficient, 𝑺𝒄𝒕 is the turbulent Schmidt number which has a default value of 0.7 (Ansys Fluent
Theory Guide 2022, 222-223).
The reaction mechanism used for the combustion model is the eddy-dissipation model. This model
assumes that fuels burn quickly, and the overall rate of reaction is determined by the turbulent mixing. This
allows for the assumption that combustion is mixing-limited and complex kinetic chemical rates can be
neglected, improving simulation time. This eddy-dissipation model is based on the work done by
(Magnussen and Hjertager 1977). Using this model, the net rate of production of species 𝒊 due to reaction
𝒓, 𝑹𝒊,𝒓 , is given by the limiting of the two expressions below:
𝜺
𝒀𝓡
𝑹𝒊,𝒓 = (𝒗"𝒊,𝒓 − 𝒗′𝒊,𝒓 )𝑴𝒘,𝒊 𝑨𝝆 𝐦𝐢𝐧𝓡 (
)
𝒌
𝒀′𝓡,𝒓 𝑴𝒘,𝓡
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𝑹𝒊,𝒓 = (𝒗"𝒊,𝒓 − 𝒗′𝒊,𝒓 )𝑴𝒘,𝒊 𝑨𝑩𝝆

∑𝑷 𝒀𝑷
𝜺
𝑵
𝒌 ∑𝒋 𝒗"𝒋,𝒓 𝑴𝒘,𝒋
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Where 𝒀𝑷 is the mass fraction of any product species, P, 𝒀𝓡 is the mass fraction of a particular
reactant, ℛ, A is an empirical constant equal to 4 and B is another empirical constant which equals 0.5. In
these equations the chemical reaction is governed by the large eddy mixing time scale, k/ε. Combustion
occurs anytime there is turbulence (k/ε >0). This model does not require an ignition source to begin
combustion (Ansys Fluent Theory Guide 2022, 228).
In these experiments the combustion reaction is between hydrogen (H2) and oxygen (O2), shown in
Equation 24.
𝟐𝑯𝟐 + 𝟐𝑶𝟐 → 𝟐𝑯𝟐 𝑶
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3.3.3.2 Fluid Domain Setup
As mentioned previously the fluid domain in these simulations is only 1/3 of the physical model.
Only 1 combustion chamber and corresponding length of nozzle was simulated in order to conserve
computational resources.
The fluid domain has multiple boundary conditions. Most of these boundary conditions are shared
between each simulation. The first is the inlet for the fuel and oxidizer. In the geometry from (Wang, Liu
and Qin 2009) each inlet consists of a tangential mixer for the fuel oxidizer to mix. For these simulations
the fuel and oxidizer were considered to be premixed and injected together. The inlet boundary condition,
shown in Figure 24, was created as a mass flow inlet. Since the mass flow rate for the entire experiment
was 0.901 kg/s the mass flow rate for this individual combustion chamber is one third of that or 0.300333
kg/s. The initial gauge pressure was set at 3 MPa, and the direction was normal to the boundary. Since this
simulation is using the energy equations the initial temperature needs to be specified and it was set at 300
K. The species transport also requires boundary conditions to have specified species mass fractions. The
combustion chamber inlet had the following mass fractions:
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Species
Mass Fraction
H2
0.155
O2
0.844
H2O
0.001
Table 6. Combustion chamber mass fractions

Figure 24. Location of the premixed fuel / oxidizer inlet (blue arrows)
The next boundary condition is the domain outlet. This outlet was set as a pressure outlet with an
outlet pressure of 11,000 Pa. This pressure corresponds to the 350 NPR tests conducted by (Wang, Liu and
Qin 2009). The boundary temperature is set to 300 and the species are all set to 0. When the species mass
fractions do not add up to 1 ANSYS will add inert nitrogen (N2) to fill in the corresponding gap in mass
fractions.

Figure 25. Location of outlet boundary condition in the fluid domain (red arrows)
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The last common boundary condition between all simulations is a symmetry boundary condition at
the sides and of the domain. Since the experimental aerospike engine had 3 combustion chambers the effects
of those exhaust gasses need to be accounted for. The symmetric boundary is able to be used when the
expected flow and thermal solutions have mirror symmetry. Since the combustion chambers have identical
operating conditions the symmetry boundary condition can be used. The location of the symmetry boundary
conditions can be found in Figure 26.

Figure 26. Location of symmetry boundary condition (Orange wall) located on both sides
The next boundary condition is the inlet channel for the film cooling studies. This inlet is created
as a velocity inlet with a velocity magnitude of 100 m/s and initial pressure of 101,325 Pa. The inlet
temperature is set to 33 K and only H2 is being injected.
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Figure 27. Location of the film cooling inlet
In addition to the film cooling inlet geometry variations the film coolant flow rate was also varied.
The method of determining the coolant flow rate is called the Blowing Ratio (BR). This is the ratio of
coolant mass flux to the mainstream mass flux outlined in Equation 25.
𝐁𝐑 =

𝝆𝒄 𝑼𝒄
𝝆∞ 𝑼∞

25

Where 𝝆𝒄 and 𝝆∞ are the densities of the coolant and mainstream flow, and 𝑼𝒄 and 𝑼∞ are the coolant and
mainstream velocities respectively (Bogard 2006, 311). To evaluate the effects of BR on the cooling and
nozzle efficiencies, the BR was varied on two geometries: 15° and 30° off center, both with a 3 mm inlet
size. The blowing ration was varied from 0.25 up to 2. Table 7 contains the inlet velocities of the various
BR conditions. These BRs were computed from the mainstream velocity with an average velocity of 3073.5
m/s and density of 0.038 kg/m3. The coolant inlet density was 0.649 kg/m3.
BR

0.25

0.55

0.75

1

1.5

2

Inlet Velocity
(m/s)
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100

135

180

270

360

Table 7. Blowing Ratios and corresponding film cooling inlet velocities
The final setup is for the transpiration cooling system. An additional domain needs to be added to
simulate the OCTRA10 porous material. Fluent has the ability to model porous domains by adding a
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momentum sink to a fluid domain. This is accomplished by adding a momentum source term to the standard
flow equations. The source term has two parts, the right side of Equation 26 is for viscous losses and the
left is for inertial losses.
𝟑

𝟑

𝒋=𝟏

𝒋=𝟏

𝟏
𝑺𝒊 = − (∑ 𝑫𝒊𝒋 𝝁𝒗𝒋 + ∑ 𝑪𝒊𝒋 𝝆|𝒗|𝒗𝒋 )
𝟐

26

Here 𝑺𝒊 is the source term for the momentum equation of 𝒊, where i is either x, y, or z direction. |𝒗|
is the magnitude of the velocity and D and C are matrices. This pressure sink creates a pressure drop that is
proportional to the fluid velocity in the cell (Ansys Fluent Users Guide 2022).
The properties of the porous domain are setup to correspond to those outlined in (Munk, et al. 2022)
and (Dittert and Kütemeyer n.d.). The direction 1 vector was set to be (0 1 0) and the direction 2 vector was
set as (1 0 1), these are needed for calculating the viscous and inertial resistances. The viscous resistance
for vector 1 was set as 6.89655*1010 and the resistance for vector two 6.89655*1014. The inertial resistance
was set as 6.135*108 and 6.135*1010 for vector 1 and 2 respectively. The fluid porosity was set at 0.07.
The transpiration cooling domain has a pressure inlet set at the underside of the domain The inlet
pressure was at 10,000 Pa and varied up to 100,000 Pa. The initial temperature was set at 33 K and the only
specie was H2 at a mass fraction of 1. Figure 28 contains the location of the porous domain and pressure
inlet.
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Figure 28. Location of transpiration domain and cooling inlet

3.3.3.3 Solver Setup
Most solver settings were left at their default values; however, some values were changed to
improve the accuracy or simulation run time. The first change was under Fluent’s solution method settings
to change the spatial discretization of Turbulent Kinetic Energy and Turbulent Dissipation Rate to both
Second Order Upwind. This increases the accuracy of the resulting simulated flow.
To begin the simulations the domain was initialized using hybrid initialization. Hybrid initialization
is a method of initializing the flow that solves the Laplace equation to produce a velocity filed through the
domain. If the inlets have initial pressure values, it is also able to create a pressure filed that smoothly
connects high- and low-pressure fields in the domain (Ansys Fluent Theory Guide 2022, 962). From this
initialized condition the reacting species are patched into the combustion chamber to aid in simulation time
(Figure 31). Figure 32 Figure 34 display the pressure and velocity contours of the domain after hybrid
initialization.
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Figure 29. Pressure contour of hybrid initialized domain

Figure 30. Velocity contour of hybrid initialized domain

Figure 31. Location of patched species in the combustion chamber
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CHAPTER 4: RESULTS AND DISCUSSION
4.1 Control Simulation Results
In order to properly assess the results from a CFD simulation the results of the simulation need to
be matched to experimental data. This process validates the simulation and the subsequent results obtained
from it. In the case of these simulations the empirical data for validation was obtained from (Wang, Liu and
Qin 2009) on the experiments done on the three-cell linear aerospike nozzle at an NPR of 350. Table 8
contains the experimental data as well as the simulated value from this experiment. The nozzle efficiency
was calculated using Equations 8 and 9. The results correspond very well with a maximum % error of 2.17.
Experimental
Value

Simulated Value

3.4

3.443

1.16

3427

3354

2.17

Specific Heat Ratio γ

1.198

1.189

0.76

Gas Constant Rg (J/Kg °K)

632.0

639.7

1.20

Thrust (N)

3500

3536

1.02

Nozzle Efficiency (CF / CF0)

95-96%

95.54%

0.04

Parameter
Combustion Chamber Pressure
(MPa)
Combustion Chamber Temperature
(°K)

% Error

Table 8. Experimental Values vs Simulation Values
The last experimental results used to validate the simulation came from the published pressure
distribution along the nozzle wall. The simulated results were taken at the same location as the experimental
ones and when compared show good agreement. These are shown in Figure 32 below.
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Figure 32. Experimental vs Simulated Nozzle Pressure Distribution
This validated simulation was used as the baseline simulation for all subsequent simulations. Figure
53 - Figure 71 in APPENDIX A Control Results contain the result contours from the control simulation.
The results show the combustion chamber length is adequate to achieve complete combustion and the fluid
properties exiting into the domain are uniform. The combustion chamber properties do not change during
the experiments. It was found from the results that the mass fraction of the reactants was fuel rich, which
can be seen from the mass fraction of H2 in Figure 60. The experiment used small cooling channels in the
combustion chamber wall to pump liquid H2 for cooling purposes which could account for the fuel rich
mixture.
From the side profile of the domain, it can be seen that the nozzle is nearly fully expanded. Figure
33 below shows the velocity profile of the exhaust exiting the domain. Fully expanded flows exit the domain
and travel parallel to the direction of travel. In the case of these experiments that would mean the exhaust
gasses were exactly horizontal. This ideal expanded flow can be approximated by the red dashed line in
Figure 33. The exhaust gasses just after the combustion chamber nozzle are still slightly under expanded
showing the dip below the ideal expanded flow line.
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Ideal Fully Expanded Flow

Figure 33. Control velocity profile showing near fully expanded flow

4.2 Film Cooling Results
4.2.1 Inlet Angle and Size Study Results
The film cooling simulations were designed to evaluate the effects of the film inlet geometry and
blowing ratio on the cooling efficiency of the nozzle as well as the nozzle’s overall efficiency. To evaluate
these results a centerline was created down the nozzle face. This centerline was used to compare the nozzle
temperature, cooling efficiency, and skin friction coefficient. The results were compared to the control
simulation.
The first set of results were the nozzle wall center line temperature shown in Figure 34. This film
cooling study was evaluating the effects of cooling nozzle geometry on the cooling efficiency. The BR for
this study was constant, 0.55, which corresponds to an inlet velocity of 100 m/s.
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Figure 34. Nozzle wall temperature vs distance for various film cooling geometry BR = 0.55
The control geometry has a nearly constant wall temperature along the wall length. This
temperature corresponds to the maximum temperature of the exhaust since there is no cooling effect in
place. It was found that the geometry had a large impact on the effectiveness of the film cooling. The
shallow angle (15°) resulted in the least cooling for each corresponding inlet size while the large angle (30°)
had the highest cooling. The film cooling quickly loses effectiveness which is shown by the increasing wall
temperatures further from the cooling inlet.
Another method of determining the effectiveness of film cooling is to evaluate the film cooling
efficiency outlined by (Bogard 2006):
𝜼=

𝑻∞ − 𝑻𝒂𝒘
𝑻∞ − 𝑻𝒄,𝒆𝒙𝒊𝒕

27

In this equation 𝑻∞ is the mainstream temperature, 𝑻𝒂𝒘 is the adiabatic wall temperature, and
𝑻𝒄,𝒆𝒙𝒊𝒕 is the temperature at the exit of the film cooling channel. For this equation η = 1 when the wall
temperature equals the coolant temperature and η = 0 if the coolant has no effect on the wall temperature.
Using this equation, the efficiencies of each geometry are plotted in Figure 35.
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Figure 35. Cooling efficiency vs distance for various film cooling situations
It was found that there was a positive correlation between both the film cooling inlet angle and inlet
size in relation to the cooling efficiency. Although the efficiencies quickly decreased as the distance from
the cooling inlet increased, the largest angle (30°) and inlet size (3mm) had the highest overall efficiency.
These results correspond well to the observations made by (Ludescher and Oliver 2021) in Table 2.
An important factor to also consider is the effect of the film cooling on the overall nozzle efficiency.
As the coolant is introduced to the exhaust stream it can affect flow velocity and negatively impact the
exhaust velocity. This will reduce the thrust on the nozzle and lower the ISP. These factors are investigated,
and the results can be found in Table 9.
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Inlet
Exhaust
Average
% Change
Nozzle
ISP
Size
Velocity
Nozzle Temp
Thrust (N)
from
Efficiency (%)
(s)
(mm)
(m/s)
(K)
Control
15
1
3793
2698
93.24
1150.6
386.7
-2.4
15
2
3555
2157
87.38
1078.3
362.4
-8.5
15
3
3530
3539
86.76
1070.7
359.9
-9.2
20
1
3667
3374
90.13
1112.3
373.8
-5.6
20
2
3541
3253
87.03
1074.0
361.0
-8.9
20
3
3490
3165
85.78
1058.6
355.8
-10.2
25
1
3614
3583
88.83
1096.2
368.4
-7.0
25
2
3541
3253
87.03
1074.1
361.0
-8.9
25
3
3512
3047
86.32
1065.2
358.0
-9.6
30
1
3629
3510
89.19
1100.7
370.0
-6.6
30
2
3533
3153
86.83
1071.6
360.2
-9.1
30
3
3460
1107
85.04
1049.5
352.7
-11.0
Table 9. Effects of film cooling Geometry on nozzle efficiency and ISP. Control reference values:
Thrust = 1179.1 N
ISP = 369.2 (s)

Angle
(deg)

Table 9’s data shows a negative correlation between nozzle geometry and nozzle efficiency: as the
angle and inlet size increase the nozzle efficiency decreases. This correlation can be seen graphically in
Figure 36. The highest nozzle efficiency was obtained from the lowest angle and smallest inlet size. The
cause of this is the small inlet size and angle caused the least disturbance in the exhaust velocity, but also
the least amount of cooling.

Figure 36. Correlation of nozzle geometry to overall nozzle efficiency (BR=0.55)
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An additional point of data investigated in the film cooling study was to determine if the geometry
had an effect on the skin friction coefficient along the nozzle surface. The skin friction coefficient is a
dimensionless value which is defined from the wall shear stress:
𝒄𝒇 =

𝝉𝒘
𝟏
𝟐
𝟐 𝝆∞ 𝒗∞

28

where 𝝉𝒘 is the skin shear stress on the surface, 𝝆∞ is the density of the free stream, and 𝒗∞ is the
free stream velocity. The skin friction coefficient is an important indicator to flow attachment. If 𝒄𝒇 is
positive the flow is attached, however if 𝒄𝒇 becomes negative the flow detaches from the wall to create
vortices. The skin friction Coefficient is important in this study to determine if the film cooling stream
detaches from the nozzle wall. If the flow detaches it will have a very negative affect on the nozzle’s overall
efficiency. The skin friction was taken down the center of the nozzle wall and charted for each geometry,
which can be found in Figure 37.

Figure 37. cf vs nozzle distance for different film cooling geometries
From the chart it can be seen that the flow remains attached for every geometry. At the exit of the
cooling nozzle the flow is almost detached for the 30° 1mm case.
Pictures of the film cooling inlet angle and size study can be found in APPENDIX B Film Cooling
Results on Pages 86-109.
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4.2.2 Blowing Ratio Study Results
In addition to the study of the effects of the film cooling inlet size and angle, the effects of the
blowing ratio (BR) were also investigated. The BRs, outlined previously in Table 7, were investigated using
the 15° 3mm and 30° 3mm geometries. This BR study used the same methods to determine results as the
other film cooling study: the temperatures, efficiencies, and cf were all taken down the centerline of the
nozzle wall.
Similarly, the nozzle wall temperature was plotted for each BR and compared to the control nozzle
temperature. It was found that the blowing ratio had a much larger impact on the nozzle temperature
compared to the inlet angle and size. The plot of temperature vs nozzle distance is shown in Figure 38.

Figure 38. Effect of blowing ratio on nozzle wall temperature
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Figure 39. Wall temperature contour in test cases: TOP: 15° 0.25BR BOTTOM:30° 2BR
From Figure 39 it can be seen that the blowing ratio had a large impact on the temperature
downstream from the coolant inlet. The large angle test (30° 3mm) with a BR of 2 kept the entire nozzle
temperature under 500 K, whereas the test with 15° 3mm and BR of 0.25 was barely able to lower the
temperature by 500 K.
Like in the angle and inlet size study, the film cooling efficiency was evaluated for each BR.
Corresponding well to the results in Figure 38, the larger angle and BR had the highest cooling efficiency.
Seen in Figure 40, the highest efficiency was obtained by the largest BR and angle. The 30° 3mm 2BR
test’s efficiency did not drop below 95% over the entire length of the nozzle, while the 15° 3mm 0.25BR
test had a peak efficiency of 30%

Figure 40. Cooling efficiency vs nozzle distance for various BR
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The various BRs effect on the nozzle’s overall efficiency was also studied. The results show that
the BR also has an inverse relation to overall nozzle efficiency. These results of the BR study are outlined
in Table 10. Overall, it was discovered that the larger the BR was, the lower the overall efficiency of the
nozzle became. This correlation was graphically shown in Figure 41.

Angle
(°)

BR

Exhaust
Velocity
(m/s)

Coolant
𝑚̇ (kg/s)

% Of
total 𝑚̇

Average
Nozzle
Temp (K)

Nozzle
efficiency
(%)

Thrust
(N)

ISP
(s)

%
Change
from
Control

390.
-1.4
7
387.
15
0.75
3800
0.0234
8
2901.1
93.40
1152.6
-2.2
4
378.
15
1
3713
0.031
10
1824
91.26
1126.2
-4.5
5
375.
15
1.5
3683.7
0.039
13
823.3
90.54
1117.3
-5.2
5
359.
15
2
3529
0.043
14
446.2
86.74
1070.4
-9.2
8
395.
30
0.25 3874.7
0.035
12
3521.8
95.23
1175.3
-0.3
0
366.
30
0.75 3595.9
0.038
13
1943.8
88.38
1090.7
-7.5
6
377.
30
1
3703
0.048
16
1225
91.01
1123.2
-4.7
5
370.
30
1.5
3630.5
0.064
21
634.4
89.23
1101.2
-6.6
1
326.
30
2
3198.4
0.08
26
297.8
78.61
970.1
-17.7
1
Table 10. Effects of film cooling BR on nozzle efficiency and ISP. Control reference values:
Mass flow = 0.30033 kg/s Thrust = 1179.1 N ISP = 369.2 (s)
15

0.25

3832.8

0.013

4

3842.4

94.20

1162.6
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Figure 41. Correlation of BR to overall nozzle efficiency
Shown above, it can be clearly seen that the film cooling BR negatively impacts the overall
performance of the nozzle. It can also be seen that the effects of BR and geometry are compounding since
the nozzle efficiency was lower in the 30° tests when compared to the 15° ones.
These reductions in efficiency can also be observed in the simulated flow. Figure 43 and Figure 44
below are the velocity contours of the BRs with the highest and lowest nozzle efficiencies. When compared
to the control velocity profile (Figure 42) and to each other, the effects of the film cooling can be observed
on the exhaust flow. When film cooling is introduced, it creates a layer of cold fluid along the nozzle wall.
When this happens, it displaces the engine exhaust away from the wall, thus affecting the nozzle’s exhaust
flow and efficiency. The exhaust in Figure 43 can be seen to be slightly more expanded when compared to
the control exhaust in Figure 42, however, the effect is clearly visible when comparing the velocity in
Figure 44.
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Figure 42. Control Velocity Profile

Figure 43. Velocity Contour in test case 15° 0.25BR (Efficiency change: -1.4%)

Figure 44. Velocity Contour in test case 30° 2BR (Efficiency change: -17.7%)
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To investigate this phenomenon the skin friction coefficients of the blowing ratio studies are
compared to the control simulation. The skin friction was calculated in the same way as the geometry study.
The results can be found in Figure 45.

Figure 45. cf vs nozzle distance for different film cooling blowing ratios
It was found that the BRs had a large impact on the cf. The larger BRs had a very low skin friction
coefficient compared to the tests with a low BR. While none of the flows separated from the nozzle wall it
is clearly seen that the higher BRs have a large impact on the exhaust flow.
Pictures of the film cooling BR study can be found in APPENDIX B Film Cooling Resultson Pages
110-129.

4.3 Transpiration Cooling Results
The transpiration cooling system was evaluated similarly to the film results. The temperature was
taken down the centerline of the nozzle wall and the results were similarly compared to the control
simulation. The skin friction was not considered since the coolant is being supplied along the entire nozzle
length, however, the effects of the coolant on the exhaust velocity is investigated.
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Figure 46. Nozzle wall temperature vs distance for varying transpiration cooling inlet pressures
From the results in Figure 46 it can be seen that the transpiration cooling method is extremely
effective. The majority of the nozzle is kept below 1000 K and since the coolant is continuously introduced
to the porous domain the entire body is kept at a low temperature. The nozzle temperature decreases as the
distance increases because the coolant boundary layer is constantly being added to.
The transpiration cooling was also evaluated by using the same efficiency equation as the film
cooling which can be seen in Figure 47.

Figure 47. Transpiration cooling efficiency vs nozzle distance
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From the efficiency results, seen in in Figure 47, the transpiration cooling system boasts a higher
overall efficiency when compared to the film cooling method. The low efficiency near the combustion
chamber outlet is due to a few reasons. The first is the boundary layer has not been created yet, the second
is that the pressure acting on the nozzle face is very high in this region when compared to the rest of the
nozzle. This area of high pressure reduces the flow out of the porous domain, hindering the creation of the
boundary layer. A complicated system could be introduced were different regions of the nozzle had
different inlet pressures, this could boost overall cooling efficiency, but was not investigated in this study.
To truly assess the feasibility of transpiration cooling, its effects on the overall nozzle efficiency
needs to be investigated. The results of the transpiration study are published in Table 11. Evaluating the
nozzle efficiency as a factor of inlet pressure it can be seen that the lower and upper pressures, 10,000 Pa
and 100,000 respectively, have a low efficiencies, while the inlet pressure 50,000 Pa has the highest
efficiency of 90.32%. The low efficiency at the low inlet pressure is caused by the coolant not exiting into
the exhaust. Since the exhaust pressure > coolant pressure the exhaust flows into the cooling domain and
slows the exhaust (Figure 49). The high inlet pressure’s low nozzle efficiency is due to the same reasons
the high BRs have low efficiency; the coolant flow is so strong it disrupts the exhaust flow (Figure 51).
50,000 Pa appears to be the “sweet spot” where the coolant pressure at the nozzle wall equals the exhaust
pressure at the nozzle wall (Figure 50). It appears that if the coolant pressure and exhaust pressure at the
interface of the porous region and fluid region equal the highest efficiency can be obtained.
Pictures of the transpiration cooling study can be found in APPENDIX C Transpiration Cooling
Results on Pages 130-141.
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Pressure
(Pa)

Velocity
(m/s)

Coolant
𝑚̇ (kg/s)

% of
total 𝑚̇

Average
Nozzle
Temp (K)

Nozzle
Efficienc
y (%)

Thrust
(N)

ISP
(s)

%
change

327.
-17.4%
4
369.
30,000
3619.6
8.80E-05
0.03%
301.8
88.96
1097.9
-6.86%
0
373.
40,000
3660.6
0.00012
0.04%
289.2
89.97
1110.4
-5.81%
2
374.
50,000
3675.1
0.00067
0.22%
274.53
90.32
1114.8
-5.44%
7
372.
75,000
3655.6
0.00016
0.05%
248.6
89.84
1108.9
-5.94%
7
341.
100,000
3353
0.001
0.33%
222.6
82.41
1017.1
-13.7%
8
Table 11. Effects of transpiration cooling on nozzle efficiency and ISP. Control reference values:
Mass flow = 0.30033 kg/s Thrust = 1179.1 N ISP = 369.2 (s)
10,000

3211.3

2.45E-05

0.01%

349.6

78.92

974.1

Figure 48. Nozzle efficiency and thrust compared to coolant inlet pressure
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Figure 49. Mass fraction of H2 with inlet pressure = 10,000 Pa

Figure 50. Mass fraction of H2 with inlet pressure = 50,000 Pa

Figure 51. Mass fraction of H2 with inlet pressure = 100,000 Pa
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CHAPTER 5: FINDINGS, CONCLUSION, AND RECOMMENDATIONS
5.1 Conclusion
A CFD simulation was created of a hot fire linear aerospike engine. The model was numerically
validated by comparing the simulation results to those of the physical experiment conducted by (Wang, Liu
and Qin 2009). The results of the simulation validation showed that the simulation results had a maximum
error of 2.17%. These validated results were treated as the baseline for the film cooling and transpiration
cooling experiments. To accomplish the film cooling and transpiration cooling, the simulation domain was
modified to incorporate the special inlets needed for both. These inlets were then varied to determine their
impact on the cooling efficiency and the overall nozzle efficiency. The film cooling inlet was studied in
two different ways. The first study parameterized the inlet geometry by changing the angle from 15° - 30°
and the inlet size from 1 – 3mm. The next study on blowing ratio used the 15° and 30° geometries, both
with a 3mm inlet size, and varied the blowing ratio from 0.25 - 2, which corresponded to inlet velocities of
45 - 360 m/s. Both studies concluded that the film cooling effects are similar on both the aerospike nozzle
and bell nozzle, i.e., increasing the angle, inlet size, and blowing ratio all positively affect the efficiency of
the film cooling. It was also found that the film cooling efficiency was inversely proportional to the overall
nozzle efficiency. Thus, it is important to choose a inlet geometry and blowing ratio that cools the nozzle
enough to maintain a workable temperature while still trying to maintain a high nozzle efficiency.
The transpiration cooling study analyzed the effects of different inlet pressures on the nozzle
cooling efficiency and overall nozzle efficiency, similar to the film cooling study. The inlet pressure was
varied from 10 kPa to 100 kPa through a porous domain 10 mm thick. The results showed a much lower
nozzle temperature when compared to both the control simulation as well as the film cooling. This is due
to the coolant being introduced along the entire length of the nozzle. The peak cooling efficiency was
observed when the inlet pressure was 50 kPa. These results show that the lower inlet pressures did not
successfully fill the porous domain and the exhaust fluid was entering the nozzle instead of flowing along
it. For the higher inlet pressures these caused an excess amount of fluid to be released and it disrupted the
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exhaust flow, similarly to the higher angle and blowing ratio film cooling results. It was concluded that the
transpiration cooling achieves peak efficiency when the pressure of the coolant equals the pressure of the
exhaust at the boundary of the porous domain and exhaust gasses.

5.2 Future Work
The industry of rocket technology is continually growing. With continued pushes to travel outside
our planet from both the private sector and the government, the technology to improve our ability to travel
to space needs to be investigated. The aerospike nozzle shows a much higher efficiency when compared to
the bell nozzle and could be an integral part of efficiently traveling to the orbit. This paper only covered
parts of only two of the many options available to cool the aerospike nozzle. There are many more types of
cooling technology that can be investigated, regenerative cooling, ablative cooling, radiation cooling, and
combinations of all of the above.
Future work could include a more detailed look into both the film and transpiration cooling
technique. The film cooling study could have the location of the film inlet varied along the nozzle, use
different cooling fluids, and change the inlet geometry from a straight pipe to a type of inlet converging
diverging nozzle. The transpiration cooling study could benefit from a study investigating a specific
geometry profile created by additive manufacturing as opposed to a porous material. Other study topics
could be, creating a relation between inlet pressure and porous domain thickness, creating different porous
zones and varying the inlet pressure between them (high inlet pressure near combustion chamber exit, low
inlet pressure near nozzle end), as well as changing the direction of the porous domain so the fluid enters
at different angles. Both the film cooling and transpiration cooling could benefit from a study involving
phase change but this would be very computationally taxing.
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APPENDIX A CONTROL RESULTS

Combustion Chamber Mesh

Combustion Chamber Velocity

Combustion Chamber Static Pressure

80

Combustion Chamber Static Temperature

Combustion Chamber Gas Constant (R)

Combustion Chamber Specific Heat Ratio (γ)
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Combustion Chamber Turbulent Rate of Reaction

Combustion Chamber Mass Fraction O2

Combustion Chamber Mass Fraction H2
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Combustion Chamber Mass Fraction H2O

Combustion Chamber Heat of Reaction

Combustion Chamber Kinetic Rate of Reaction
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Control Wall Temperature

Control Wall Heat Transfer

Control Wall Pressure
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Control Domain Mach Number

Control Domain Velocity

Control Domain Temperature

85

Control Domain Pressure

Control Domain Turbulent Kinetic Energy
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APPENDIX B FILM COOLING RESULTS
Inlet Angle and Size Study Results 15° 1 mm

15° 1mm skin friction coefficient

15° 1mm nozzle temperature

15° 1mm nozzle mass fraction H2

87

15° 1mm domain Mach Number

15° 1mm domain velocity

15° 1mm domain temperature

15° 2 mm

88

15° 2mm skin friction coefficient

15° 2mm nozzle temperature

15° 2mm nozzle mass fraction H2

89

15° 2mm domain Mach Number

15° 2mm domain velocity

15° 2mm domain temperature

15° 3 mm

90

15° 3mm skin friction coefficient

15° 3mm nozzle temperature

15° 3mm nozzle mass fraction H2

91

15° 3mm domain Mach Number

15° 3mm domain velocity

15° 3mm domain temperature

20° 1 mm

92

20° 1mm skin friction coefficient

20° 1mm nozzle temperature

20° 1mm nozzle mass fraction H2

93

20° 1mm domain Mach Number

20° 1mm domain velocity

20° 1mm domain temperature

20° 2 mm

94

20° 2mm skin friction coefficient

20° 2mm nozzle temperature

20° 2mm nozzle mass fraction H2

95

20° 2mm domain Mach Number

20° 2mm domain velocity

20° 2mm domain temperature

20° 3 mm

96

20° 3mm skin friction coefficient

20° 3mm nozzle temperature

20° 3mm nozzle mass fraction H2

97

20° 3mm domain Mach Number

20° 3mm domain velocity

20° 3mm domain temperature

25° 1 mm

98

25° 1mm skin friction coefficient

25° 1mm nozzle temperature

25° 1mm nozzle mass fraction H2

99

25° 1mm domain Mach Number

25° 1mm domain velocity

25° 1mm domain temperature

25° 2 mm

100

25° 2mm skin friction coefficient

25° 2mm nozzle temperature

25° 2mm nozzle mass fraction H2

101

25° 2mm domain Mach Number

25° 2mm domain velocity

25° 2mm domain temperature

25° 3 mm

102

25° 3mm skin friction coefficient

25° 3mm nozzle temperature

25° 3mm nozzle mass fraction H2

103

25° 3mm domain Mach Number

25° 3mm domain velocity

25° 3mm domain temperature

30° 1 mm

104

30° 1mm skin friction coefficient

30° 1mm nozzle temperature

30° 1mm nozzle mass fraction H2

105

30° 1mm domain Mach Number

30° 1mm domain velocity

30° 1mm domain temperature

30° 2 mm

106

30° 2mm skin friction coefficient

30° 2mm nozzle temperature

30° 2mm nozzle mass fraction H2

107

30° 2mm domain Mach Number

30° 2mm domain velocity

30° 2mm domain temperature

30° 3 mm

108

30° 3mm skin friction coefficient

30° 3mm nozzle temperature

30° 3mm nozzle mass fraction H2

109

30° 3mm domain Mach Number

30° 3mm domain velocity

30° 3mm domain temperature

110
Blowing Ratio Study Results
15° 3 mm 0.25 BR

15° 3mm 0.25 BR skin friction coefficient

15° 3mm 0.25 BR nozzle temperature

15° 3mm 0.25 BR nozzle mass fraction H2

111

15° 3mm 0.25 BR domain Mach Number

15° 3mm 0.25 BR domain velocity

15° 3mm 0.25 BR domain temperature

15° 3 mm 0.75 BR

112

15° 3mm 0.75 BR skin friction coefficient

15° 3mm 0.75 BR nozzle temperature

15° 3mm 0.75 BR nozzle mass fraction H2

113

15° 3mm 0.75 BR domain Mach Number

15° 3mm 0.75 BR domain velocity

15° 3mm 0.75 BR domain temperature

15° 3 mm 1 BR

114

15° 3mm 1 BR skin friction coefficient

15° 3mm 1 BR nozzle temperature

15° 3mm 1 BR nozzle mass fraction H2

115

15° 3mm 1 BR domain Mach Number

15° 3mm 1 BR domain velocity

15° 3mm 1 BR domain temperature

15° 3 mm 1.5 BR

116

15° 3mm 1.5 BR skin friction coefficient

15° 3mm 1.5 BR nozzle temperature

15° 3mm 1.5 BR nozzle mass fraction H2

117

15° 3mm 1.5 BR domain Mach Number

15° 3mm 1.5 BR domain velocity

15° 3mm 1.5 BR domain temperature

15° 3 mm 2BR

118

15° 3mm 2 BR skin friction coefficient

15° 3mm 2 BR nozzle temperature

15° 3mm 2 BR nozzle mass fraction H2

119

15° 3mm 2 BR domain Mach Number

15° 3mm 2 BR domain velocity

15° 3mm 2 BR domain temperature

30° 3 mm 0.25 BR

120

30° 3mm 0.25 BR skin friction coefficient

30° 3mm 0.25 BR nozzle temperature

30° 3mm 0.25 BR nozzle mass fraction H2

121

30° 3mm 0.25 BR domain Mach Number

30° 3mm 0.25 BR domain velocity

30° 3mm 0.25 BR domain temperature

30° 3 mm 0.75 BR

122

30° 3mm 0.75 BR skin friction coefficient

30° 3mm 0.75 BR nozzle temperature

30° 3mm 0.75 BR nozzle mass fraction H2

123

30° 3mm 0.75 BR domain Mach Number

. 30° 3mm 0.75 BR domain velocity

30° 3mm 0.75 BR domain temperature

30° 3 mm 1 BR

124

30° 3mm 1 BR skin friction coefficient

. 30° 3mm 1 BR nozzle temperature

30° 3mm 1 BR nozzle mass fraction H2

125

30° 3mm 1 BR domain Mach Number

30° 3mm 1 BR domain velocity

30° 3mm 1 BR domain temperature

30° 3 mm 1.5 BR

126

30° 3mm 1.5 BR skin friction coefficient

30° 3mm 1.5 BR nozzle temperature

30° 3mm 1.5 BR nozzle mass fraction H2

127

30° 3mm 1.5 BR domain Mach Number

30° 3mm 1.5 BR domain velocity

30° 3mm 1.5 BR domain temperature

30° 3 mm 2 BR

128

30° 3mm 2 BR skin friction coefficient

30° 3mm 2 BR nozzle temperature

30° 3mm 2 BR nozzle mass fraction H2

129

30° 3mm 2 BR domain Mach Number

30° 3mm 2 BR domain velocity

30° 3mm 2 BR domain temperature

130
APPENDIX C TRANSPIRATION COOLING RESULTS
10,000 Pa

10,000 domain mass fraction H2

10,000 domain Mach Number

10,000 domain velocity

131

10,000 domain turbulent kinetic energy

10,000 domain temperature

10,000 transpiration exit velocity (normal direction)

132
30,000 Pa

30,000 domain mass fraction H2

30,000 domain Mach Number

30,000 domain velocity

133

30,000 domain turbulent kinetic energy

30,000 domain temperature

30,000 transpiration exit velocity (normal direction)

134
40,000 Pa

40,000 domain mass fraction H2

40,000 domain Mach Number

40,000 domain velocity

135

40,000 domain turbulent kinetic energy

40,000 domain temperature

40,000 transpiration exit velocity (normal direction)

136
50,000 Pa

50,000 domain mass fraction H2

50,000 domain Mach Number

50,000 domain velocity

137

50,000 domain turbulent kinetic energy

50,000 domain temperature

50,000 transpiration exit velocity (normal direction)

138
75,000 Pa

75,000 domain mass fraction H2

75,000 domain Mach Number

75,000 domain velocity

139

75,000 domain turbulent kinetic energy

75,000 domain temperature

75,000 transpiration exit velocity (normal direction)

140
100,000 Pa

100,000 domain mass fraction H2

100,000 domain Mach Number

100,000 domain velocity

141

100,000 domain turbulent kinetic energy

100,000 domain temperature

100,000 transpiration exit velocity (normal direction)

